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Aerothermoelasticity:

Winged Aerospace Vehicles

Joun H. Wyges* aNp RoserT E. LAWRENCET
North American Aviation, Inc., Los Angeles, Calif.

Many aerospace vehicles of current interest have low load factor-low mass fraction strue-
ture that induces aerothermoelastic problems of broad impact on vehicle design and must,
therefore, be assessed early in the design cycle. Attention in this study has been directed
to aerothermoelastic effects associated with the longitudinal stability and control of a possible
supersonic transport canard-delta configuration. Flexible-to-rigid-ratio data obtained from
modal techniques are presented for most major aerodynamic parameters at two loading condi-
tions. Distribution of mass is shown to be the major source of significant differences ob-
tained. A direct influence coeflicient approach provided additional insight into component
mass and aerodynamic influences. Particular attention is drawn to the large impact of
pitch inertia loadings on eflective static stability and the resultant effects on the vehicle
short-period dynamics. A wide range of design compromises is shown to be available to the
designer through positive use of the flexible vehicle’s mass and aerodynamic characteristics.
It is concluded thal most efficient use of weight in vehicle design will only be achieved through
coordinated and detailed examination of the aerothermoelastic problem areas early in the de-
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Its Impact on Stability and Control of

sign eycle. Additional research and development effort to this end is recommended.

Nomenclaturei (653 = lift coefficient (Cy, = Cy)
Cx = normal force coefficient
. ) Ci, = lift curve slope, 0C /0«
‘_g"’ = wing area . Cra = normal force curve slope, 0Cx /0«
G ) i = wmgVmean'aerodynamlc chord ClLa, = canard lift curve slope
le/Cu, Tuw/Cu, Te/Cu = nondimensional moment arms of canard, . .
; ¢ . Le = wing lift curve slope
wing, and elevon loads, respectively w S .
m = vehicle mass, W/g Crs, = elevon deflection lift effectiveness
1, = pitch inerti:; Cws, = elevon deflection normal force effective-
gA = acceleration of gravity ness ) .
Ve = velocity Cys, = canard deflection normal force effective-
qo = dynamic pressure ness
Gon = divergence dynamic pressure C'¥ (=) = normal force coeflicient at a= 0
a = angle of attack of reference plane Ng = normal force due to pitching, 0Cx/
& = rate of change of angle of attack 10(q2,/2V0)]
X = angle of attack of the wing CN o = canard interference normal force curve
e = canard angle of attack slope (acts on wing)
bY = incremental change in canard angle of Curs, = canard deflection interference normal
attack due to fuselage bending force effectiveness
dy/dLe., dv/dn = fuselage bending due to canard load and Cyis = normal force coefficient due to pitching
load f_actor, respectively acceleration, 0Cy/d8
9, 0 = Euler pitch angle Cm; = normal force due to ith mode deflection
q = pitch rate, do/di ) Co = pitching moment coefficient
4 = pitchacceleration, d6*/di?, ¢ Crg = pitching moment curve slope, 3C,,/d«
% = canard deflection e = pitching moment due to canard angle
de = elevon deflection of attack
e = generzhz.ed coordinate, structural Cs, = elevon deflection pitching moment ef-
i = ve{f)l(c)it;zof generalized coordinate, struc- fectivencss . o1
* tural mode ¢ ’ Cnse = canard deflection pitching moment
s = acceleration of generalized coordinate, effectiveness ..
. Con (o) = pitching moment coefficient at « = 0
structural mode ¢ (a=0 — pitchine t due to pitching. dC
Js = structural damping coefficient ma =p Ca m}’ 1;11(;11;611 ue 1o pitehing, wl
w; = natural frequency, structural mode ¢ L <th./ 0)] I
M, = generalized mass, structural mode 7 Coitge = canard interference pitching moment
Wno = undamped natural frequency curve slope o
¢ = damping ratio Chnts, = canard deflection interference pitching
wn = natural frequency _moment effectiveness
Cmg = pitching moment coefficient due to
pitching acceleration, 3C,,/d8
Presented as Preprint 64-489 at the 1st ATAA Annual Meeting, Connr = pitching moment coefficient to ¢+th mode
Washington, D. C., June 29-July 2, 1964; revision received deflection
January 4, 1965. (0C,./0C 1 )ess = effective static stability )
* Senior Technical Specialist, Project Dynamics, Structures Cu, = generalized force coefficient in 7th mode
Technology, Engineering. Associate Fellow Member ATAA. ) = generalized normal force coefficient in
. . . - . . MNice g
T Senior Technical Specialist, Aerodynamics, Flight Tech- the ith mode due to angle of attack,
nology, Engineering. Cy:/da
ISta}ndard stability and body axes systems areused. Toavoid Coin: = generalized force coefficient in the 7th
confusion, it should be noted that the st-a}_aility axes C'r, and the g mode due to jth mode deflection,
body axes Cy are positive in the up direction, whereas the body O /3C;
axes generalized coordinate n; and ‘L}le coefficients Ch;,, Cy;, and [ s = flexible state of bracketed item
Cyin; are positive in the down direction. I I = rigid state of bracketed item
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Introduction

URING the preliminary design cycle of a new aerospace

vehicle, it is important to provide proper emphasis to
all first-order factors affecting the vehicle’s ultimate flight
performance. In recent years, a number of vehicles have
had aerothermoelastic characteristics become one of these
first-order factors. Partly responsible for this situation
has been the demand for high-speed performance at flight
conditions producing high heat input to the vehicle structure.
These mission requirements result in structural design fea-
tures such as thin lifting surfaces and high fineness ratio
fuselages having high flexibility. Also affecting the flexibility
of many designs of interest are a low load factor require-
ment and a low mass fraction structure (Wisaet/ Wr.0.gross) T€-
sulting from the use of high design stresses. Although any
one vehicle may not combine all of these flexibility-producing
factors, a sufficient number may be present to be of concern.
Two types of vehicles of current interest which combine a
significant number of these flexibility factors are the super-
sonic transport and the space transport. For such designs,
it is no longer sufficient to provide structure at the prelimi-
nary design level to meet strength requirements only ; sufficient
structural material must also be provided to meet stiffness
requirements for assuring satisfactory structural dynamiecs
(flutter, landing loads, etc.) and stability and control char-
acteristics.! It is not difficult to see, then, that a first-order
weight accounting with its attendant impact on speed and
range performance must include aerothermoelastic con-
siderations. As already intimated, aerothermoelasticity
makes itself felt in the two major design areas of structural
dynamics and stability and control. It is the primary intent
of this paper to emphasize the potential effects of aerothermo-
elasticity on vehicle stability and control. All vehicles, be
they canard-delta, simple delta, or a tail-aft configuration,
will experience these effects; however, the results of a study
of the typical canard-delta configuration of Fig. 1 are dis-
cussed herein as a specific illustrative example. Only the
longitudinal design area is covered; the techniques de-
veloped, though, are also applicable to the lateral-directional
design area. The detailed objectives of this study were
threefold: 1) to provide the aerodynamic and structural
configuration designer with techniques that would permit
visual insight into the impact of the aerothermoelastic effects
on various vehicle components and complete vehicle aero-
dynamic characteristics, 2) to provide a relatively simple
technique for including all major inertial and aerodynamic
effects on the flexible vehicle for the purpose of checking flying
qualities and control system design, and 3) to probe and assess
potentially important aerothermoelastic problem areas.

In obtaining these objectives, two analysis techniques
were developed: a modal technique and a direct influence
coefficient technique. Both of these approaches to defining
the aerothermoelastic characteristics of the vehicle provided
unique insight that aided in obtaining design objectives.

Analysis Techniques

To provide a meaningful background against which aero-
thermoelastic design problems may be discussed, a short
review is given here of the two types of analysis techniques
used; that is, the modal technique and the direct influence
coefficient technique. These two methods have common
elements that should be emphasized. The structural de-
scription of the vehicle is defined by a set of influence co-
efficients. These influence coefficients are used together
with the vehicle’s mass characteristics in a free vibration
analysis to obtain the normal modes that are the basis of the
modal technique. The direct influence coeflicient technique
derives its name from the fact that the influence coefficients
enter the aerothermoelastic analysis without this intermediate
processing. Both of these approaches utilize the same
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rigid vehicle load distributions and the same techniques to
describe the quasi-steady aerodynamic loads developed by
the deformed structure.

Modal Technique

The structural deflections arising in this technique are
described through the superposition of the normal modes of
free vibration of the vehicle; in theory an infinite number are
required, but in practice a reasonable number will suffice.
For the vehicle of this study, four symmetric modes ap-
peared to give good accuracy when matched against static
structural deformations obtained using structural influence
coefficients. Other vehicles would need to be checked in this
manner to ascertain the correct number of free vibration
modes to meet their individual accuracy needs.

The use of the modal approach in aeroelastic problems is
not new; it has received wide acceptance in flutter anal-
yses.»3  TIts use has been much less extensive in connection
with stability and control types of analyses. It will be
shown, however, that the modal approach has much to
recommend it for analyses of the aerothermoelastic effects
on stability and control of very flexible air vehicles such as
the one studied. The major advantages may be summed up
by saying that the approach provides a concise, economical
framework for including all important inertial and aero-
dynamie loadings. In addition, the form of the aerodynamic
data may be cast in such a manner as to provide perspective
to pertinent current design problem areas.

In the modal context, the longitudinal-symmetric equa-
tions of motion suitable for a dynamic stability and control
problem analysis appear in a general form as follows (a body
axes system is used) :

Rigid body plunge mode
&= ~+q+ (g/Vo) 080 — (§6Su/MV) (O, 10 + ACN1i01e]

Rigid body pitech mode

q = (QQSwéw/Iy) [C'"rigid + ACmflexible]

Struetural symmetric modes

o = —gswit; — it +
(9Su/ M (Cr)ipia + (A0 0]

As shown, the rigid aerodynamic components appear as
separate contributions. Let us expand the aerodynamic part
of these equations but restrict ourselves, for simplicity of
explanation, to the consideration of only two airplane com-
ponents: 1) the wing-body and 2) the canard. In addi-
tion, assume (again, for simplicity) that the rigid body motion
and the structural motion will be slow enough that struc-

tural acceleration (3;) and structural velocity (9;) will be
negligibly small:

[CN + ACNflexible] = (CNa)wing-body a + (Ci\"ac)canardac +
rigid aero
CN,h‘r)i + CNn27]2 + CN,,3773 + CN,MTM
flexible correction
[Cmtigid + ACmflexible] = (Cma)wing—bodya + (Cmac)cunnrdau +
rigid aero
Crg i + Cugie + Cry iz + Cony s
flexible correction
[(C"Ii)rigid + (ACWi>flexible] = (Cﬂia)wing-bodyq + (Cvliac)eanardac‘*'
rigid aero
Cnimm + Cni,,27]2 + Cni,,a'/ls + Cnimm

flexible correction

rigid
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As is seen from the form of these data, the flexibility cor~
rections are lumped, and individual component flexibility
corrections are not readily broken out and associated with
the appropriate rigid load. For most stability and control
problem descriptions where solutions to the equations are
the primary goals, this concise formulation is highly desirable.
However, from the point of view of the aerodynamic and
structural designer who wishes to identify eomponent con-
tributions in order to make intelligent design decisions, this
concise form is a hindrance. To provide the desired impor-
tant design visibility, the aerodynamic data were linearized,
and flexible-to-rigid-ratio aerodynamic corrections were
generated using modal data. These ratios themselves pro-
vided important design information, but they also were most
useful in providing a pictorial comparison of vehicle com-
ponent and complete vehicle flexible and rigid aerodynamic
characteristies, as will be demonstrated.

In order to form the desired flexible-to-rigid ratios for
correcting the rigid data, the individual aerodynamic com-
ponents must be broken out. With the assumption of lin-
earity of the rigid aerodynamic data and its companion prop-
erty of allowing superposition of component answers to form
the total, this can be done as described below.

The modal equations for the symmetric modes associated
with the longitudinal equations of motion take the displayed
form under the assumption of quasi-steady conditions:

i = (qosu/wz211[z) [(C"lia)wing-body 23 + (Cﬂiac)canard Qe +
rigid ;ro

C’”mm + Cw,hm + Cm,,ans + C’ne,“m]

flexible correction

If all but one of the rigid aero inputs to the modal equations
were removed, one would obtain the modal response in all
four modes for that particular loading. These modal re-
sponses, in turn, can be used to determine the amount of the
flexibility input caused by that component in the force and
moment equations. Consider the wing-body component of
normal force due to angle of attack in mode 1 as an example
of the simultaneous equation format:

[Coyy, — (@M i/q6S0) I0: + Coyy iz +
Cﬂlqsn-'i + 0711,74774 = - (C"I]a) wing-body &

It will be noted that the left side of a set of simultaneous

unchanged for a given Mach number-altitude condition and
a given structural definition. The C»,,. terms are coupling
terms among the modes and are independent of the rigid
aerodynamic loadings. The right sides of the equations
represent the particular rigid aero loading for which the
flexible-to-rigid ratio is sought.

Solving this set of simultaneous equations, , through 7, are
obtained due to the inputs (Cy,)wing-boaya through
(Cy,p) wing-boay @ which are associated with the rigid airload
(Cxy)wimg-boay . The flexible vehicle airload and moment
are now obtained using these responses:

C = Crpa + Cxym + Couyme + Coys + Cy s

Nilexible

C = Cmrigid + Cmmm + Cmnz‘flz -+ Cmnaﬂs -+ Cm,“"h

"flexible

1t is easy now to form a flexible-to-rigid ratio for these wing-
body force and moment components:

CNnexible

CNrigid
+ CN,,1771 + CNﬂz‘ﬂz + CN%?']?, + CN,“?M
Cy

[CNa]flexihle _

(€]

rigid

rigid
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[Cma]ﬂexible Cmflexible

[Cn,]

o rigid

Cmrigid

Congy + Coge + Congys + Conyna
+ C

Mrigid

Attention is again directed to the very important fact that,
since normal modes (both rigid body and structural) are used,
the structural responses (»:’s) obtained in the manner just
described reflect loading of the free structure under the aero-
dynamic load being considered and the corresponding inertia
load resulting from application of this aerodynamic load to
the unrestrained vehicle.

Direct Influence Coefficient Technique

In the direct influence coefficient technique, the vehicle
can be conveniently separated into components such as
wing, fuselage, and canard. The influence of aerothermo-
elasticity on an individual component is determined for each
of its various loadings. 'The complete flexible vehicle is then
described as a summation of inputs of the components. The
principal advantage of the direct influence coefficient over
the modal approach is the inherent capability for permitting
separation of inertial loading effects from aerodynamic load-
ing effects.

Structural description of a lifting surface is provided by
flexibility (deflection) influence coefficients. Temperature
effects are included in the influence coefficients, and several
sets may be required for a complete description when severe
aerodynamic heating is present.

The individual lifting surface aerodynamic characteristics
are studied by a technique that is fundamentally a conven-
tional assumed mode static aeroelastic analysis. Extensive
treatment of this procedure in the literature precludes the
need for detailed description.®* The present discussion
will accordingly be restricted to consideration of particular
assumptions and variations pertinent only to this subject
analysis. The incremental aerodynamic loadings associated
with the assumed modes may be derived from any convenient
theoretical or experimental source. For low-aspect-ratio
components, a lifting surface theory, such as Falkner (sub-
sonic) or Etkin/Evvard (supersonic), is appropriate.5¢  Solu-
tion is accomplished by an iteration process employing a forced
convergence. Accuracy of convergence is assured by checks
of each individual load as well as total load and total mo-
ments. The influence of flexibility is described in terms of
flexible-to-rigid ratios or flexible increments of the rigid
parameter.

Procedures for combining the component data to describe
the complete flexible vehicle are well known and will not be
detailed here. One exception may be found in the treat-
ment of inertia effects. As will be discussed later, significant
variations have been noted in the aeroelastic parameters re-
sulting from inertia loadings, and it can be shown that these
variations are dependent only on distribution and not magni-
tude. To facilitate studies of mass distribution phenomena

/_\_
~

Fig. 1 A possible canard-delta supersonic transport
configuration.
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Fig. 2 Wing-body component, flexible-to-rigid ratios for
zero angle-of-attack characteristics vs dynamic pressure
at a high subsonic Mach number.

and aid in rapid evaluation of any particular weight condi-
tion, the total mass of the vehicle was subdivided into ele-
ments. Two classes of mass elements were considered: 1)
fixed weight, such as structure, engines, ete.; and 2) variable
weight, such as fuel or other payload. The number of
elements normally depend on the physical constraints of the
vehicle and the degree of versatility desired in the study.
Aeroelastic parameters generated for the various mass ele-
ments could be combined to describe the net effect for any
desired gross weight and/or weight distribution conditions.
Within this framework, procedures were developed to define
the following in addition to any prespecified weight condition:

maximum forward center of gravity

maximum aft center of gravity } specified gross weight

maximum static margin) specified gross weight and center of
minimum static margin gravity

Aerothermoelastic Effects on Longitudinal
Stability and Control Parameters

Application of the preceding modal technique to the
canard-delta configuration of Fig. 1 at a high subsonic Mach
number produced the flexible-to-rigid data shown in Figs.
2-7. A high subsonic Mach number flight condition was
chosen for the study, since most aerothermoelastic effects
become critical in this flight regime. Stability and control
parameter data for two weight configurations are shown:
a heavy-weight (full-fuel) case and a light-weight (no-fuel)
case. Before discussing the trend of each individual aero-
dynamic parameter, a general comment about the interpre-
tation of the free vehicle response under loading is in order.
Just as the deflection pattern of a simply supported beam is
determined by the net running loads and moments acting,
s0, t00, is the deflection pattern of the free flying air vehicle.
In the case of the air vehicle, both inertial and aerodynamic
loads contribute to the net running loads and moments. If
the mass distributions for the two different weight conditions
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Fig. 3 Wing-body oomporient, angle-of-attack derivative
flexible-to-rigid ratios vs dynamic pressure at a high
subsonic Mach number.
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are identical, the fixed distribution aerodynamic load re-
quired for maintaining a balance will be in proportion to the
weights and will produce identical running load distributions
that are in proportion to the weights. In the context of the
technique used to get flexible-to-rigid ratios, a unit load ap-
plied on the different weight-free structures induces identi-
cal running loads. Viewed as (force) = (mass) X (accelera-
tion), the heavier vehicle would not accelerate as fast as the
light vehicle, but the (mass) X (acceleration) magnitude still
equals the fixed applied force. Thus it can be said that the
differences in the flexible aerodynamic data to be noted for
the two different weight conditions are attributable to mass
distribution and not mass magnitude.

Figure 2 shows the flexibility impact on the normal force
and pitching moment characteristics at zero angle of attack.
Little effect due to mass distribution was evident, but marked
sensitivity with dynamic pressure increase was obtained.
It is very difficult to assign a primary reason for the trends
noted for these parameters (as can be done for those param-
eters to follow) because the rigid distributed loading is a
complicated pattern. About all that can be said is that the
original negative normal force distribution in conjunction
with the two levels of mass distribution bent the free vehicle
in a manner to induce a positive angle of attack on the wing
always. The positive normal force, being aft of the center
of gravity, produced a negative pitching moment opposing
the original rigid positive moment component.

The flexible-to-rigid ecurves for the wing-body components
of the normal force and pitching moment angle-of-attack
derivatives are shown in Fig. 3. Mass distribution is shown
to have a highly significant effect on these parameters. In
the light-weight condition, increasing dynamic pressure pro-
duced a trend toward moderate increases in lift and marked
increases in pitching moment; in the heavy-weight condi-
tion, trends opposite to those for the light-weight case were
obtained. The trends indicated for these two parameters
have significant implications for the vehicle’s static and
dynamic stability, as will be discussed. The {following
observations help to provide an appreciation for these par-
ticular data trends. The net running load on the light-
weight flexible configuration produced a deflection pattern
that humped in the center when viewed from the side. Since
the wing was located aft, a net positive angle of attack re-
sulted which produced the increased normal force with
dynamic pressure increase. The canard was located on the
negative angle of attack part of the forward fuselage and
produced a negative normal force. This force, however,
was small as compared to the positive induced wing normal
force. It is also pertinent, though, to note that this nega-
tive canard normal force was a potent factor in determining
the vehicle bending pattern obtained and, as such, was largely
responsible for the observed positive normal force increase
generated by the wing. The heavy-weight configuration

NOTE: IN THE SENSE USED HERE ox .= o<
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Fig. 4 Canard component, angle-of-attack derivative
flexible-to-rigid ratios vs dynamic pressure at a high
subsonic Mach number.
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Fig. 5 Canard-wing interference component, angle-of-
attack derivative flexible-to-rigid ratios vs dynamic pres-
sure at a high subsonic Mach number.

developed a deflection pattern opposite to that of the light-
weight configuration, and therefore reasoning similar to that
just reviewed explains the data trends for this configuration.

The influence of flexibility on the rigid canard normal
force and pitching moment contributions are presented in
Fig. 4. A small mass distribution effect was obtained, to-
gether with a marked decrease in normal force and a large
increase in pitching moment with increasing dynamie pres-
sure. The explanation for this is that rigid positive canard
load induced a running load on the free vehicle which formed
a deflection pattern inducing a large negative angle of attack
on the wing; it is the resulting large negative normal force
and positive pitching moment that are reflected in the data
shown.

A positive normal force on a canard located on a vchicle
as shown in Fig. 1 induces a negative normal force on the in-
board portion of the wing through the canard downwash
pattern which, because of center of pressure location ahead
of the c.g., produces a negative pitching moment. As Fig. 5
indicates, relatively large effects of flexibility were obtained
which modified this interference loading, more so for the light~
weight configuration than for the heavy. This interference
load distribution was such that the net bending pattern pro-
duced a small positive canard load and a large negative wing
load aft of the c.g., and both loads developed pitching moment
inputs that were positive and thus reduced the original rigid
negative moment.

The effect of flexibility on elevon normal force and pitching
moment effectiveness was large, as indicated in Fig. 6. The
effect of mass distribution on these parameters was small.
This latter result may be attributed to the fact that in both
weight conditions the mass loads tended to cluster about the
c.g. (less zo for the light-weight case), and the clevon forces
on both configurations loaded up the aft end. The resulting
running loads on the free structure did have differences, but
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Fig. 6 Elevon component, deflection derivative flexible-
to-rigid ratios vs dynamic pressure at a high subsonic
Mach number.
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Fig. 7 Wing-body component, pitch rate derivative
flexible-to-rigid ratios vs dynamic pressure at a high sub-
sonic Mach number.

only of magnitudes to introduce minor variations in the
flexible normal force and pitching moment response.

The flexible-to-rigid ratios for the normal force due to
pitching and the pitching moment due to pitching (damping
in pitch) are given in Fig. 7. Large changes with increasing
dynamie pressure were obtained, whereas only minor changes
due to the mass distribution were evident. Note the simi-
larity between these curves and the elevon effectiveness
curves in Fig. 6.  The source of this similarity is identified
when attention is called to the fact that both have highly
loaded trailing edges. This rigid load developed for the
pitching case takes the shape it does because the local in-
duced angles of attack are proportional to the distance from
the center of gravity. The net vehicle loading, then, is
similar to that for the elevon case, and the logic used there
to explain trends is applicable here.

A word about the trcatment of the canard surface flexi-
bility is in order. In this study, the structural frequency
magnitudes of the canard were far enough removed from the
lower vehicle frequencies so that no large dynamic coupling
could be present. The surface flexibility was important,
however, and was accounted for by the flexible-to-rigid ratio
of Fig. 8. Note that, for the relatively low sweep angle of
the quarter chord of the canard surfacc of Fig. 1, flexibility
effects increased the lift curve slope. In all of the previous
data where canard inputs were indicated, all of the rigid
values could really be interpreted as including this surface
flexibility; for instance, [Cx, lrigia = Ko(Cx, )rigia. This
fact is particularly pertinent when constructing the complete
vehicle flexible normal force and pitching moment curves.

Having the vehicle’s component flexible-to-rigid ratios, the
complete vehicle’s flexible characteristics may be presented
graphically. As examples of this, the complete vehicle’s
normal force and pitching moment characteristics as a fune-
tion of angle of attack were constructed. Figure 9 presents
the normal force curve data for the two weight conditions
studied at sea level. Looking at the complete vehicle curves,
it is noted that flexible heavy-weight configuration has a
lower curve slope than does the flexible light-weight con-
figuration. Comparisons of the component contributions to
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Fig. 8 Canard surface flexi-
ble-to-rigid ratio at a high 1081
subsonic Mach number. Ke
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Fig. 9 Normal force vs angle-of-attack buildup, flexible
and rigid airplane at a high subsonic Mach number;
sea-level flight condition.

the complete vehicle curves identify immediately the cause
for the differences noted; it is the previously discussed wing-
body contribution of Fig. 3. Figure 10 presents the pitching
moment curve data for the components and the complete
vehicle. A very marked effect of mass distribution is noted
for the complete flexible vehicle; the light-weight configura-
tion indicates static stability nearly comparable to the rigid
vehicle, whereas the heavy-weight configuration borders on
neutral stability. Again, the component breakdown pre-
sented in Fig. 10 identifies the major cause of the differences
observed, namely, the wing-body contribution.

Use of the modal technique in describing aerothermoelastic
effects on flexible vehicles has been shown to be highly useful.
One of the prime advantages has been its ability to include
tnertia loadings automatically through the use of the free
vehicle normal modes. In assessing the relative magnitude
of inertia to aerodynamic loadings in aerothermoelastic
parameters, this automatic feature is a hindrance; the direct
influence coefficient method of analyses then has an advantage
in this context in that individual loadings (including inertia)
must be explicitly added to the equations describing the
flexible vehicle response.

The direct influence coefficient techniques were used in
this study to demonstrate the importance of various loadings
(but emphasizing inertia loadings) on the vehicle speed
stability (control surface deflection required to trim at 1.0-g
level flight at various Mach numbers), accelerated longi-
tudinal stability (control deflection required vs load factor
at a given Mach number-altitude condition), and short-
period frequency characteristics. Although there are other
parameters entering the analyses of these vehicle character-
istics, the attention of this phase of the study was oriented
toward identifying the contributions of combined transla-
tional acceleration and angle-of-attack aerodynamies, pitch
damping, and pitch acceleration inertia loadings to what has
been identified as “effective static stability,” (0C,/0CL)es:.
The aptness of this nomenclature will become more apparent
as the discussion continues.

To illustrate how the (0C,/0C 1) s parameter is obtained,
consider the case where only pitch damping is taken into
account. The case including pitch inertia is merely an ex-
tension of the same approach. To keep the example simple,
we shall omit consideration of the C . and Cy,_, terms,

which would be included in the more general case. These
simplified equations are

Cm = Cmaa + Cmq(qéw/2v0) + CmseBG
OL = CLaa + CLq(qéw/zvo) + CLgo 59

It was assumed that the normal load factor was developed
through a pull-up maneuver. For this situation, the ex-
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pression relating pitch rate ¢ to normal load factor = is
q=(g/Vo)(n— 1)

The assumption of the approximation n =~ (Suge/W)Cr a

was made. Substituting these expressions in the foregoing
equations and taking the partial derivative of each with
respect to o produced the following expressions:

(aom/aa)eff = Cma + Cmq (Sw qo/mV(]) (5'”/2‘70)01‘0(
(0CL/0q)ets = CLa + Cry(Sw 9/MmVo) (€0/2V0) CLa

From these expressions, the
(0C%/0C 1) ess was formed :

(@) _ Coy + Cy C, (S e/ V) (2/2V0)
0C1/)es CLa + CLqCLa(Sw 90/ MV o) (8./2V5)
For the configuration studied, Cr, proved to be much larger
than Cr,Cr (Suge/mVo)(€./2V,), and so the final form of this
last expression could be written as

(0C/0CL)ets = (0Cn/AC L) + Crny(Sew q0/MmVo) (Eu/2V )

The pitching moment equation for trim studies could then
be written:

“effective static stability”

Crn = (0C0/0CL)ersCr, + Cm(;eﬁ, =0

The preceding equation was the basis of the study of the 1.0-g
trim and accelerated stability cases. The term involving
Cng was dropped for the 1.0-g trim case (since ¢ = 0) but re-
tained for the accelerated stability case.

In order to obtain a relative feel for magnitudes of factors
being discussed, the composite curve of Fig, 11 was assembled.
The impact of flexibility on the vehicle may be evaluated by
comparing the following sets of (2C,,/0C 1)es: curves:

flexible no damping to

1.0-g level flight {rigi d no damping

flexible with damping to

accelerated stability %rigi d with damping
. >

flexible with damping
dynamic stability and pitch inertia to
rigid with damping

Consider first the 1.0-g trim case for the flexible vehicle.
Comparing the rigid airplane curve with the flexible airplane
curve for “no damping” provides a measure of the effect of
the combined flexible aerodynamic loading due to Cr.c and
translational acceleration inertia loading. These loadings
are identified as the biggest flexibility contributors at both
weight conditions. Combining these characteristics with
the flexible parameters Cw, ., Cr(,_, Cr, Cms, and Cirg,

HEAVY WEIGHT LIGHT WEIGHT
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FLEX, INCR. RIGID oX; |, INTERFERENCE
GANARD B ol /K// RIGID
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| |« winG-80DY
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FLEX. INCR. ____*

INTERFERENCE ., _.
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/ / x
/ 4
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Fig. 10 Pitching moment vs angle-of-attack buildup,
flexible and rigid airplane at a high subsonic Mach num-
ber; sea-level flight condition.
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provides enough information to determine wings level, 1.0-
g trim elevator settings, and, consequently, the speed stability
for the flexible airplane. The differences noted between the
two weight conditions can be attributed to mass distribution
loadings differences, as previously discussed.

The curves labeled “with damping” in Fig. 11 are those
applicable for determining the accelerated stability char-
acteristics under quasi-steady flight conditions (that is, when
pitch acceleration is zero or negligibly small). The largest
influence on these flexible vehicle characteristics are those just
discussed; however, the flexible vehicle pitch damping com-
ponents contribute in a significant manner, particularly for
the light-weight configuration.

One of the primary reasons for undertaking this phase of
the study was to isolate and evaluate the influence of the
pitch acceleration inertia loading. Comparing the flexible
configuration curves labeled “with damping” with those
labeled “with damping and pitch inertia” reveals the magni-
tude of this factor to be large, more so for the light-weight
configuration than for the heavy-weight configuration.
These results are of major significance in analyzing the ve-
hicle’s dynamic stability and control response characteristics;
one of the main characteristics affected is the frequency of
the short-period motion.

Although it allowed a closer investigation of these latter
short-frequency effects, the direct influence coefficient ap-
proach permitted only an approximate check of the magni-
tude of the factors involved. In short, this is because we
have to infer from (0C,./0C 1).1; the character of (0C,./da)es,
which appears directly in the frequency determination. A
slight digression into the reasons behind this is in order.

Ew QOSM>< IZ/ ) (
S2 4 [<2V0> o <mvo ¢ oS ulo Ve

oo
0 S
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Fig. 11 Effective static stability (dcy/dcr)ett for complete

vehicle, flexible and rigid, illustrating effects of major

loads on a canard-delta configuration at a high subsonic
Mach number.

development of the equations of motion. Consider all of the
aerodynamic parameters as applicable to the flexible airplane
and that the pitch acceleration effect is accounted for sepa-
rately by additional terms, Cw; and C The following

equations are in a body axes system:
(& = OVo — g = —(gSu/m) [Cy o + Cw;f]
= (qoswéw/[y) [Cmaa + Cma‘(ééw/QVo) + Cmaa]

" B M

Based on experience, Cy; was assumed negligibly small.

After taking the Laplace transform of these equations, the
characteristic equation may be obtained:

qOSw Ew
ot <mvo><2vo> ]

I
(Cmé B QOSMC—W>

The main problem stems from the fact that it is very diffi-
cult to obtain readily a transformation relating the angle-of-
attack reference used in the influence coeflicient problem
analyses to the angle-of-attack reference of the dynamic
stability problem formulation. In the influence coefficient
analyses, the angle-of-attack reference was a line tangent to
the wing surface slope at the wing apex. This was a con-
venient choice, for it permitted the most expedient joining
of vehicle component effects to form the whole. In the dy-
namic stability analyses, the reference line for angle of attack
was a body axis related to mass characteristics and rigid
vehicle main lifting surface orientation. This axes system
was the one for which the equations of motion were written.
It is pertinent also to emphasize that this axes system is the
same one used for the modal analyses described earlier. For
this reason, the difficulty being discussed is avoided in the
modal technique and constitutes another advantage in its
application in connection with most dynamic aerothermo-
elastic problems. Although one does know the orientation
of the velocity vector (and, consequently, the angle of attack)
with respect to the reference system attached at the wing
apex, the relationship difficult to define is the angle between
the flexible vehicle wing apex axes and the equations of
motion axes.

In light of the foregoing reasoning, the most meaningful
form of the results of the influence coefficient technique is
with respect to a stability axes system expressed in terms of
moments and forces. It is for these reasons that, instead
of working with €, which is more pertinent to a dynamic
stability calculation, (0C,./0C 1).s: Is used herein.

To provide a further meaningful relationship between
the (0C,./0C )esr parameter, including damping and pitch
inertia, and the dynamic stability equation formulation,
including a pitch inertia loading, let us proceed to a simplified

+ =0

1,
<Cmg - QOSwEw>

This has the form of a typical second-order system :
8% 4+ 20w,S + wn? = 0
The principle contributor to the short period frequency w, =
w"u(l — §~2)1/2is
_ (spring constant\1/? qoSulu(Cm)err\ 172
W = mass B 1,
S _ {Cma + (qosw/’mVO)<Ew/2V0>CNa Cmg} 1/2
’lLCw -
o [(@0S.0/T,)Cry — 1]
1,
If it could be assumed that we knew the transform be-
tween the equations of motion axes system and the influence
coefficient axes system, the foregoing expression for w,, can

be developed in the latter system under quasi-steady assump-
tions:

Crnpy = Conat + Crngl02,/2V0) + Crif
Let
6 = (g/Vo)An
An = (goSu/ W)CNaa, o measured from 1.0-g trim

§ = (Copia) @0Sulu/T,)
Substituting
Coiorr = Cmyot + (008u/mVo) (€u/2V0) Cn Crga +
Coni(Cn 1) (@S /1)

O+ (GSu/MVe) €/ 2V0)Cly, Crnget

Cmtotal = —_ [Omg((]oSwéw/ly) — 1]
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Fig. 12 Static margin available on flexible airplane
through realistic mass management.

Taking partial differential with respect to «, one obtains

<60m> Oy 4 (@0Se/mV0) (20/2V0)Cy O,
A Jers B Cmg(QOSwEW/Iy) -1

This expression is exactly that obtained in the w,, for the
dynamic problem. (The negative sign disappears in equa-
tions of motion formulation.)

The expression for (OCx/da).+: can be developed in a similar
manner neglecting Cv ;as small:

©OCx/0a)ess = CNa + C‘Vé(omo)efi(QOSwEw/Iy)

From these latter two equations, the parameter plotted in
Fig. 11 could be obtained, that is,

(0C /) it/ (QCx/O)ets ==
(aCL/aCm)eff with damping and piteh inertia

With the foregoing as background, it is possible to recognize
that (0C,./0CL).s is proportional by (0C1/0a)es to the un-
damped natural frequency of the short-period motion of the
vehicle. Figure 11 reveals that large errors could be made
in flexible vehicles’ short-period frequency characteristics by
neglecting the pitch acccleration incrtia loading cffects.

A comparison of the ‘“rigid with damping” curve and
“flexible with damping and pitch inertia” curve for the
light-weight configuration at high altitudes indicates that
the flexible vehicle has a shorter period than the rigid vehicle.
Prior to obtaining the preceding data, this somewhat unusual
situation was observed in calculating the rigid and flexible
vehicle short-period frequency using the data obtained from
a modal analysis. In fact, this particular analysis obtained
the described relationship over a range of altitudes wider
than indicated in Fig. 11. This occurred because of the
approximate nature (in the context just described) of (0C../
AC )51 a8 an indicator of short-period frequency.

Some Design Implications

Mass Distribution

The foregoing modal flexible-to-rigid-ratio data help to
identify design areas where generalizations about mass dis-
tribution effects can be made. It does not appear prudent
to assume generalizations about the effects of mass distribu-
tion on the flexibility contributions to (CN(aq))wing-body,
(Cm(a=0))wiugAbody, (CNa)WiDg*bOdyj (Cma)wingAbody, CNIac’ Cm[ag‘ It
does appear possible, however, to say that mass distribution
effects are small for flexibility increments associated with
rigid forces such as elevon and fore or aft horizontal tail loads
that load up the ends of the vehicle. Knowing these facts
can save valuable time and effort at the preliminary design
level.

The data reflecting the effects of mass distribution on the
vehicle’s flexible aerodynamic parameters suggested the
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possibility of mass management to improve these character-
istics. As noted, the longitudinal static stability parameter
(.., exhibited the largest impact of mass distribution. This

parameter, therefore, became the subject of a mass manage-
ment study. As discussed in connection with the direct in-
fluence coefficient technique, 2 method was developed which
allowed ready buildup of any mass magnitude and/or dis-
tribution condition that was within the physical limitations
of the vehicle. The degree of variation in stability margin
which was attainable through mass management is illustrated
as a function of center of gravity for a given gross weight in
Fig. 12. Some complication in fuel transfer equipment is
implied and must be weighed in design evaluations.

Canard Flexibility

As shown in Fig. 10, the heavy-weight configuration ex-
hibited a neutrally stable pitching moment curve. With the
design visibility provided by these data, a means of improving
this situation is readily apparent. It is observed that the
flexible canard contributes a substantial destabilizing incre-
ment. If this could be made to go to zero or contribute a
stabilizing increment, a vast improvement in vehicle sta-
bility could be realized. This capability is found to exist
in the form of the sweep angle of the canard, A... Figure 13
shows the flexible-to-rigid ratio for a lifting surface similar
to the canard of Fig. 1 at two different sweep angles; note
the greater-than-one flexible-to-rigid ratio for zero sweep and
the less-than-one ratio for the swept surface in the transonic
region. Considerable design latitude is permitted by these
characteristics in attacking the stability problem.

These flexible characteristics of the canard suggest a solu-
tion to the elevon reversal problem indicated in Fig. 6. If
the characteristics of Fig. 4 could be utilized, a net improve-
ment in maneuver control could be realized. These two
characteristics can be brought together through an inter-
connect of the elevon and canard surface. Figure 14 illus-
trates the potential improvement possible through this type
of arrangement.

Fuselage Divergence and Elevon Reversal

The advent of supersonic and hypersonic vehicles that are
many times configured with long slender bodies, often with a
canard surface for trim or control, has focused renewed em-
phasis on the static aeroelastic divergence concept; primary
application has been to the fuselage or fuselage-canard com-
bination. Studies of the representative configuration of
Fig. 1 have highlighted some of the most interesting char-
acteristics of the behavior and influence of long flexible
fuselages.

Classical static aeroelastic divergence considers only
structural degrees of freedom, disallowing rigid-body free-
dom. This restriction generally limits applicability of the
concept to component analysis, and in the case of a long
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Fig. 13 Effect of sweep angle on canard lift curve slope
flexible-to-rigid ratio at sea level.
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slender body the restriction is normally satisfied by consider-
ing the forebody “built into a brick wall” at some location
such as the point of attachment to the wing-afterbody. Al-
though this mathematical model will exhibit divergence, the
forces and moments induced by structural deformation will,
in the vast majority of cases, be of sufficient magnitude prior
to divergence to induce rigid-body motion of the physical
system to ‘a degree that negates the artificial “brick wall”
boundary conditions. Although some significance is retained
for highly localized segments of the structure, it is neverthe-
less apparent that the forces and moments produced by de-
formation must be small with respect to the magnitude of
forces and moments required to produce motion of the total
vehicle in order for classical static aeroelastic divergence to
have meaning.

Although this argument generally denies classical static
divergence as the direct problem, it should not be construed
as an attempt to minimize the importance of acrothermo-
elasticity to this type of vehicle. Reformulation of the
problem with realistic boundary conditions (rigid-body
freedom of motion) demonstrates that the same structural
flexibility that is fundamental to static divergence reappears
as a significant input in other domains, both static and
dynamic.

One static problem involving the factors just described is
that of steady-state trim control reversal. The direct
influence coefficient technique offers a convenient framework
for studying this problem. The steady-state longitudinal
trim characteristics of a canard configuration with a long
flexible fuselage may be represented by the equations shown
below:

Crp0e + Crp 0w + Crg e = W /qS.
CLac(lc/cw)ac + Crp (F0/C) ot + CLéeBe(xe/éw)Be =0
where
a = aw+ v+ 0
v = ([@dv/di)Cr,,(qSw) ac + (dy/dn)n

In order to focus attention on the fuselage influence, the
equations have been simplified by omitting unessential aero-
dynamic loadings and by assuming all components except
the fuselage to be rigid.

Solution of these equations for &,

deflection 6, set to zero, yields

at 1.0 g, with canard

le < w dy

7] c‘w

qro——& Law gp,

—> — Cr Crpy = L4 s
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Fig. 15 Effect of flexibility on static longitudinal trim
characteristics at a high subsonic Mach number.

and canard with control provided by elevon surfaces on the
trailing edge of the wing is illustrated in Fig. 15. The figure
illustrates a point of infinite control deflection requirement
which is readily identifiable as an elevon reversal, a phe-
nomenon completely analogous to the well-known aileron
reversal. This interpretation is justified by the change in
direction of the incremental (rigid-to-flexible) deflection
above and below the reversal point. The location of the
point of control reversal is defined by setting the denominator
of the expression for § to zero and solving for ¢, which
yields

ftrim

Qorev =

( 1 > @/8) (Cr, + Ciy) = [Cry (20/) + Cr,, (/8]
]-Cc CLa[(xa/c_w) - (ux/c_w)]

The control reversal interpretation may be further verified

by noting the disappearance of the singularity when control
is provided by a trimmable canard rather than the elevon.

Tw W

Cuw dn aw 5w (josw

To dy

(1 - ];JCQO)

Ctrim

z. l;

Cro o, <5_,

W (/w
where
ke = (d'y/dLE)CLmc Sw

Similar expressions for o, and o. may be derived. The be-
havior deseribed by these equations for a representative
configuration with a long flexible fuselage, triangular wing,

1O
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Fig. 14 Improvement in pitch control due to connecting
fore and aft control surfaces of a canard-delta airplane at a
high subsonic Mach number.

> + CLawCLae <§_’e — :?U>(l — ]—ch{))

C

Deleting 5, from the basic equations and solving for & at

1.0 g, we obtain
W\ [z - dy o l.
(s )E )0~ oo = (@) 0 (2 - )
Octrim = - I
Cr, <_—” - _i>
Cu Cow

Isolation of fuselage flexibility as the fundamental mechanism
causing this control behavior is readily accomplished by
elimination of fuselage flexibility from the formulation of the
problem and again noting the disappearance of the singu-
larity.

Figure 15 also indicates the location of the classical aero-
elastic divergence speed ¢op, of the forebody when cantilevered
from a position near the apex of the wing. Although some
degree of correlation between classical fuselage divergence
and elevon reversal is indicated, it is readily demonstrated
that the magnitude of ¢, varies with the choice of cantilever
location, and that ¢, is therefore not an adequate criterion

Ctrim
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for the prediction of elevon reversal dynamic pressure. The
results obtained by other investigators provide additional
verification of this conclusion.$

Short Period-Structural Mode Coupling

The forebody flexibility involved in the fuselage divergence-
elevon reversal problem was also a factor in producing
dynamic coupling between the longitudinal short-period mo-
tion and the first structural mode, which was principally
fuselage bending. The frequency and damping character-
isties of the vehicle response resulting from a modal analysis
including pitch and plunge rigid-body modes and four
symmetric structural modes are shown in Fig. 16. Selective
stiffening of the forebody removed this particular problem.

The foregoing phenomenon is not new; other investigators
have discussed various aspects of the problem and attempted
to define criteria for preventing this type of dynamic cou-
pling.”~® One of the necessary but not sufficient conditions
for coupling is the proximity of a structural mode frequency
to the short-period mode frequency. With this condition
existing, coalescence resulting in an instability is possible.

Control Systems

The modal approach to describing a vehicle’s flexible char-
acteristics has much to recommend it for use in studying the
vehicle’s control system design. As just discussed, vehicles
of the type being covered in this paper tend to have structural
frequencies close to the short-period rigid-body motion.
Since most high-speed air vehicles require a stability aug-
mentation system, a design problem arises from the fact that
the required sensing devices measure large structural motion,
together with the desired rigid-body motion. In addition,
estimates of the rigid-body motion are dependent on accurate
aerodynamic data estimates, including proper aerothermo-
elastic considerations. Another factor pertinent to this dis-
cussion is the current tendency toward complexity of con-
trol system augmentation system designs, which make it
increasingly difficult to come rapidly to grips with potential
problem areas. The modal techniques described herein for
obtaining flexible-to-rigid ratios that reflect both tnertia and
aerodynamic loadings can be used to describe concisely a
flexible vehicle’s characteristics structurally and aerody-
namically to the required degree of accuracy. This may be
done by using just enough structural equations (usually one
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or two) to insure the required accuracy of motion and fre-
quency content and then using flexible-to-rigid aeroelastic
corrections to obtain the necessary aerodynamic accuracy,
which would ordinarily be missing if only a few structural
equations were used. “Residual stiffness” is a term that is
often used to describe the stiffness effect over and above
that from a small number of modes that would be present in
the lower-mode aerodynamic inputs ¢f an infinite (or large)
number of modes were used (see Refs. 7-9 for a similar ap-
proach to residual flexibility.)

Conclusions

The results of this study have shown the potentially ex-
tensive impact of aerothermoelastic factors on the stability
and control characteristics of a typical low load factor-low
mass fraction aerospace vehicle. The impact of aerothermo-
elasticity on the flutter characteristics of such a vehicle are
known to be equally extensive. A major controlling design
parameter in both problem areas is vehicle stiffness. Since
a strong connection exists between stiffness and weight, it is
apparent that the most efficient use of weight in a vehicle’s
design will only come about through more coordinated and
more detailed analyses in these two design areas. Much
about the nature of each exists to encourage this: struc-
tural influence coefficients used in one can be used in the
other; mass distribution definitions for one can be used in
the other; mode shapes used for one can be used in the other;
and aerodynamic data for one, in many instances, can be
used in the other. Although it is currently possible to ob-
tain structural influence coefficients at the preliminary design
level, recent direct analog computer developments and com-
panion digital program developments offer encouragement
that more detailed and accurate data can be obtained in an
even more compressed time period. Research and develop-
ment effort augmenting this work would be well spent.

References

1 Wykes, J. H., Sweet, H. R., Joseph, J. A., and Hodson, C.
H., “Commercial supersonic transport flutter studies,” Aero-
nautical Systems Div. TDR-63-818 (May 1964).

2 Bisplinghoff, R. L., Ashley, H., and Halfman, R. L., Aero-
elasticity (Addison-Wesley Publishing Co., Ine., Cambridge,
Mass., 1955).

3 Fung, Y. C., An Iniroduction to the Theory of Aeroelasticily
(John Wiley and Sons, Inc., New York, 1955).

¢ Skoog, R. B. and Brown, H. H., “A method for the deter-
mination of the spanwise load distribution of a flexible swept
wing at subsonic speeds,” NACA TN 2222 (March 1951).

§ Falkner, V. M., “The calculation of aerodynamic loading
on surfaces of any shape,” British Repts. and Memo. 1910
(August 26, 1943).

¢ Etkin, B., “Lift distribution on supersonic wings with sub-
sonic leading edges and arbitrary angle of attack distribution,”
J. Aeronaut. Sci. 21, 783-785 (1954); also ‘“‘Lift distributions
on warped wings,” Can. Aeronaut. J., 16-20 (April 1955).

? Schwendler, R. G. and MacNeal, R. H., “Optimum struc-
tural representation in aeroelastic analyses,” Aeronautical
Systems Div. TR-61-680 (March 1962).

8 Schwendler, R. G. and Hill, J. H., “Low frequency insta-
bilities of free systems,” Aeronautical Systems Div. TR-63-655
(November 1963).

¢ Pearce, B. F., Siskind, R. K., Pass, H. P., and Wolkovitch,
J., “Topics on flexible airplane dynamics,” Aeronautical Systems
Div. TDR-63-334, Vol. I, Residual Stiffness Effects in Truncated
Modal Analysis; Vol. II, The Application of Flexible Transfer
Approzimations and Sensitivity of Airframe; Vol. III, Coupling
of the Rigid and Elastic Degrees of Freedom of an Adirframe;
Vol. IV, Coupling of the Rigid and Elastic Degrees of Freedom of an
Airframe-Autopilot System (July 1963).

© Frueh, F. J. and Zisfeim, M. B., “Numerical approximation
method for flexible vehicle transfer function factors,” Aero-
nautical Systems Div. TR-62-1063 (March 1963).



